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Abstract

Changes in the stiffness and strength of notched quasi-isotropic
graphite-epoxy laminates were recorded and related to the fatigue damage.
Two different laminates were considered and the effects of stacking sequence
were compared. Nondestructive testing techniques such as X-radiography,
moire technique, acoustic emission, deply technique, and stiffness change
were performed to observe damage development. Results show that the mechan-
ical response and the fatigue damage depend strongly on the stacking sequence
of laminates. In general, residual strength increased remarkably for both
laminates due to stress redistributions while the continuous stiffness
change curve is typical for each laminate and reflects damage
characteristics. Buckling effects as well as matrix cracking and delami-
nations contribute to stiffness changes.
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1. INTRODUCTION

The study of hole related fatigue damage in materials is motivated by t1 .
need to include holes into structures. For example, 1n an airplane, even o
critical plate or shell may have to provide access from one side to anotin:
for electric lines, fuel pipes, or other supplementarv equipment.

As of to-date, the knowledge of the fatigue response of notched composite
Timinates is much less complete than that of uunuwtchi! lTaminates. The mn
reason is that fatigue damage, residual strength, and stiffness prediati
models [1,2] for the unnotched situation are based ~n nnitarmities of dama o
that are reflected by terms such as "characteristic damage state (CDS)',
inst.anece. These uniformities of damage do not apply, howsver, for nntoh
spereimens. An idea of the complexity of the fatigue behavians af notched o
cimens may be given by studying an X-ray photo of damaee arcund the hole i
notched specimen after high fatigue loading.

The aobiectives of the present work are to deterrine “be aatnre of A
indused in graphite epoxy composite laminates with conter hnles hy avo
tensile leading and to establish the influence of -unenh damage on
strength, stiffress and life of laminates.

v of damage in composite materi:
iplementary insight. Sendeckvi [23] found +fhar the N-ray to .

le reaunjres Aditforeat te

The corplexit

wipies for o

nique makes damage, namely matrix cracks and del:eiv e cisible b
rostricted to observing the x-y distribution of damaes <ol The doply
nique compleoments the X-roy photography becanse of frc cbideew v ident
specifie planes of delamination. X-ray photogr-achy 208 she denie vachnsg -
are alse opposite in the sepnse that the former s 9 n o 0 ice test (M0
method while the latter inevitably destroys the teas opo

The aduvantage of the ultrasonic C-scan technique, coop oo ey Moy phots
varhy, is that its sensitivity is not dependent onov oo ne medinm, o
erabling it to detect delamination-like flaws «npren by ndamaged mos
rial. Damage events during the loading process - an i otestod by arong:
emissien receording. It yields, in combinatizsn with obe simaitaneod

recorded lead-strain curve, information on the wequens e el he dpterac o,
rifocts of subsequent damage events.

Since the strain field in notched specimens i« noo
decide  what strain  measurement techniguie
informition. However, the moire technique {4{ proy
plete nonhomageneous in-plane strain field.

A 1ecently established investigative method is the
recording a1s an indicator for damage state or stveng':
E.T. Corponaschi and W.W. Stinchcomb [8] pointed out "havr a guasi-isotro.
Lamivagte exhibits a different response than ite ~op<t; subhlaminagt
For instance, the response of a [0,90,+45,-43]s laminate cannnt he predict o
by knswing the behaviour of the [0,90]s and of the [45,-43]x laminate. Stat-
te strength predicting models for notched specimens wore devolaped that s
net o recaire 3 laminate stress analysis.  Instead, the norehod and the pnnet -
ched witudtion are compared. J.M. Whitiney and R.Y. 171 peblished e
resilts of a test series which exhibit that notebed faiiure mechianisms o
trom the ununtched situation They investigdated the 1 fluence of two diffo
ert stacking seqnences, one of them producing tensile, ihe cther preodu

ioda diffiecunl:

oraat valbaah
tdes jraight into the ¢

of stiftness chovos

ine [R]

compressave  nterlaminar normal stress  thravghoent the thirbness of :
striight edege on hoth notched and unnotched specimns The darg indicate <%
unnntrbed tensile strength is reduced by the straisht edes offects and

strengiv dependent on the stacking sequence; whiie the strength of net. i

specamens 1s independent of the straight edge offrcrs ninen tonsite tailun:




1~ ‘nitiated by the stress concentration at the notch before straight edge
d~lamination comes into effect.

‘ither investigations of the fatigue behaviour of notched specimens were con-
ducted by Sendeckyj [3], Stinchcumb and co-workers [2], and Whitcomb [8}. The
work most comparable to the present one is that of Whitcomb, who described
the damage state and the mechanical response of four different notched lami-
nites after tension-tension-fatigue loading and related delamination onset
to the results of a FEM stress analysis. The load levels of two-thirds of the
initial strength of the laminates, respectively, were low enough to let the
specimens survive a lifetime of ten million cycles. At this point, the dam-
aged specimens were investigated using destructive and nondestructive
methods. The residual strength of all laminates was equal to or higher than
the initial strength of specimens, respectively. Stiffness degradations were
found to be in the range from zero to minus 10 percent. Whitcomb also shows
figures comparing initial stress distribu:ions with delaminations at differ-
ent locations through the thickness on the hole that suggest that
interlaminar normal stress and shear stress distributions govern the
locations of first fatigue delaminations. Later in the lifetime, the direc-
tion of delamination growth can be changed by an altered stress distribution.
In the present study, two laminates with relatively little straight edge ini-
tiated damage were chosen in order to isolate notch effected damage from
straight edge driven damage as much as possible.

The damage induced by static and by fatigue loading was observed by nonde-
structive inspection and other methods. Quasi-static tests were performed to
compare the development of damage under cyclic with that under static
loading. Experimentally observed data were interpreted.

2. EXPERIMENTAL PROCEDURES

2.1 Material and Specimens

The material in this study is T300-5208 graphite epoxy. The Specimens were
ten inches long, 1.5 inches wide and had a 0.375 inch diameter hole in the
center. The two stacking sequences were:

[ 0, 90,+45,-45]s type A
[+45, 90,-45, O]s type B

For comparison, static strength tests were also performed on unnotched speci-
mens with the stacking sequence:

[+45,-45, 0, 90]s type C

2.2 Fatigue Tests

All fatigue tests were run in the tension-tension mode with a load ratio of
R=0.1 and a frequency of 10 Hertz.

Specimens were tested at several different load levels evaluated as percent-
ages of the mean tensile strength of five samples. The load levels spanned




the range from 70 to 95 percent; i.e., from long-life-load levels to
short-life-load levels.

Several specimens were run to failure to obtain lifetime-over-load (s-n)
curves, others were monotonically loaded to failure after a certain number of
cycles to obtain the typical strength versus loading-history curves. Many of
these specimens were subjected to nondestructive inspections, such as
X-radiography or moire tests, at selected numbers of eycles.

3. RESULTS
3.1 initial Tensile Strength

Tensile strength tests were performed on five specimens of cach type of Tami-
nate, including the unnotched laminate.

In Figure 1, the failure load of each specimen is represented by the lengl
of a vertical line. The average failure loads of A, B and © specimens wers
2620, 2240, and 4680 lbs., respectively as indicated by the solid horizont !
lines.

The lower, dashed horizontal lines indicate the averaged load levels fer
which major discontinuities in the strain-load curves, as well as the first

strong acoustic emissions during the loading proce-s, oceurred.

7C
1‘ +——— mean foilure icad
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“ ‘ . Q
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Figure 1. Static Strength

The percentages refer to the average failure load of cach type of laminate.
The large difference between the strength values of notched and unnotched
apecimens is due to the stress concentrating effect of the hole. Yet, it must
be notnd, that the strength ot the C-specimens is also reduced by straight,
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free edge effects. But the strength values indicate that a strength reduction
factor for the hole must be much larger than one for the straight edge.
Furthermore, since edge effects in general (whether for curved or straight
edges) decrease rapidly with increasing distance from the edge, the effects
of the straight edge and the curved edges of the notched laminates are inde-
pendent. In other words, we may assume thit for the notched specimens used in
this study, the effects of the straight edge do not yield an additional con-
tribution to the reduction of static strength caused by the hole.

It is important to note that the highest measured residual strengths, related
to the notched cross-section, of A- (66.5 ksi) and B~ (71.4 ksi) specimens
approdch the tensile strengths of C-specumens, thus indicating that fatigue
damage redistributes local stresses to the extent of reducing the stress con-
centration to the hole.

3.2 initial Stiffness

Stiffness data were taken from the linear part of the load-strain curves
recorded during the tensile strength tests by means of a 1.0 in. extensomet-
er centered with respect to the hole. Each vertical line in Figure 2 repres-
ents the stiffness of a specimen. Average stiffness values, based on the area
of the unnotched section, are indicated by the horizontal lines.

80~ . 1.0in. gage length
notched cross section 75
70~ :: ::
—87 e
60
ynnoiched cross section

- L
€ 50 50 49
1%
»
w
Z a0}
w
o
»

30+

20

t O

0

A B o

Figure 2. Static Stiffness

The stiffness values of A- and B-specimens, based on the cross-sectional
area, are lower than the stiffness values determined for unnotched C type




specimens. This demonstrates the large, local deformation field associated
with the local stresses due to the hole.

3.3 S-N Data

A lifetime of more than one million cycles under the condition of a sinuscid-
al load with a ratio omin/omax = 0.1 and a frequency of 10 Hertz can be
expected at an 80 percent load level (2093 kips) for A-specimens and a 70
percent load level (1707 kips) for B-specimens. Load-log life curves for the
two laminates are shown it Figure 3. A-specimens, cycled on a 95 percent load
level (2485 kips), and B-specimens, cycled on an 85 percent load level (1077
kips) will survive hundred thousand cycles.

30
I

P
e
= ——————
o | T T
b ‘
@] {
g =
Z ! Specimen Monotonte Cyclic
P |_ A ® o
I
o 0! 8 L] [s]
-3 |
% frequency * 10 Hz
j“ R*0!
0. I I ! ! 1 J
[¢] 02 04 06 08 10 12

LIFE , MILLIONS OF CYCLES

Figure 3. S-N Curves

Two A-specimens had an average lifetime of 1.1 million cycles at the 80 por-
cent load level while the B-specimen, cycled at the 70 percent level, had a
residual strength of 137 percent of the virgin strength after one million
cycles. The residual strength data for type B laminates sngg~st that residnal
strength values of this magnitude occur during the {inal decade of logarith-
mic life.

3.4 Stiffness Degradation

Figure « on page 6 shows stiffness data for type B laminates cycled at the 85
percent level.

The two stiffness curves show the effect of gage length on the stiffness val-
ues. A clip type gage extensometer centered over the hole was used to measure
displacement over a 1.0 in. gage length. A DUDT extensometer centered over
the hole measured displacement over a 3.625 in. gage length. The stiffness
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change values based on the short extensometer data are larger. However, if
the damage zone spreads outside the 1.0 gage length, the stiffness change
values determined from the short extensometer are inaccurate.

Strength Stiffness
0~85 % test level os-36 in goge length
1401 ® ~low test level AA-1Qin goge lfnq‘!h
I I
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Figure 4. Stiffness and Residual Strength Versus Life

The process of damage development around the hole of a type B laminate is
indicated by the stiffness curves shown in Figure 4. The limits of the
regions I, Il, and III are somewhat arbitrary, but are chosen to reflect
transitions in the damage growth process as represented by stiffness change.
In region T, the stiffness decreases at a decreasing rate as small matrix
cracks develop near the hole. In region II, the stiffness degrades linearly
with log cycles and the matrix cracks in the zero and 45 deg. plies extend
away from the hole and delaminations form in the region damaged by matrix
cracks. Region III begins as the stiffness degradation rate increases. In
this region, the sharp decrease in stiffness is associated with further
extension of the cracks in the 45 deg. plies, and growth of delamination
along the 45 deg. matrix cracks. Early in the life of the laminate (region I)
the damage is confined to the approximate zone of stress concentration around
the hole. In later stages of life, the stresses around the hole are redis~
tributed and the stress concentration around the hole is changed due to the
growth of the damage zone away from the hole. Radiographs of damaged type A
and type B specimens are shown Figure 9 on page 11 and Figure 10 on page 11.
The data in Figure 4 are presented in terms of percent change in stiffness
because the exact values of stiffness are not repeatable in situations where
the cyclic test is stopped, the extensometer is removed from the specimen,
and the specimen is removed from the grips for nondestructive evaluation at
variods cyclic intervals. However, if the stiffness values are determined at
the beginning and end of each interval, or are recorded throughout a cyclic
interval by the data aquisition system, the change in stiffness during the




cyclic interval can be determined. The total change is then computed as the
sum of the stiffness changes for all intervalls.

3.5 Continuous Stiffness Recording

The plots of the results of the peak detector program on a logarithmic life-
time scale confirm the estimated stiffness curves based on gquasi-static
tests. The suggestion of a five percent stiffness loss after 100 cycles at a
90 percent cycling load for both laminates was taken ir*o account by multi-
plying the first stiffness value, received by the neak detector after 200
cycles, by the factor 0.95.

Figure 5> shows the regions Il and IIl of the stiffness degradation dne tn
fatigue loading at the 90 percent levei of failure load of each specimen,

respectively. The time axis is logarithmically scaled. In this represen-
tation, region II appears as an almost lincar linm leadine into a sharp knee
which connects region Il with region II11. Immediately ternind the knee, i
degradation rate appears to be highly increased. At the end of vegion J11,

the stiffness decay accelerates again until failure,

B-SPECIMEN

) g‘“\‘\\‘
; N

STIFFNESS
8

RSPECIMEN

\,,‘[],M_n.l[ 18 18 28 24 3d 3d 4d & 5d &2

LOG CYCLES

Figure 5. Stiffness Degradation Versus Logarithmic Cvcles

Comparing the two curves shown in Figure 5, we find the B-laminate showing 1
lower stiffness degradation before the knee, a later and more distinct form-
ing of the knee, and a higher degradation rate after the knee than the
A-laminate. The stiffness loss at the end of fatigue life is 18 percent tor
the B-specimen and 40 percent for the A-specimen.

The data have been replotted using a linear scale for the life axis, Figure &
on page 8. Throughout the lifetime, the A-specimen has a lower stiffress
than the B-specimen. Between 10 K and 50 K cycles, the degradation rates of
both curves are similar; after that the A-specimen looses stiffness more rap-
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idly than the B-specimen. Although the total stiffness loss during its life-
time is lower for the B-specimen, the stiffness degradation rate shortly
before failure is very high. Both laminates exhibit three sudden stiffness
changes during the fatigue life: the first one occurs during the very first
cycles of loading; the second one occurs within the first half of the life-
time for the A-specimen and well before failure of the B-specimen, and the
third, sudden stiffness lossed leads into the failure of the specimens. The
A-specimen has its second sudden stiffness loss at 70 K cycles and the
B-specimen at 157 K cycles. Both events coincide with the onset of the knee
in the logarithmic-scale stiffness representation and are generally followed
by an increased degradation rate. It should be mentioned here that locally
confined buckling effects were seen during cyclic loading of the A-specimen.

B-SPECIMEN
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0

0
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20" 1 s @0 100 129 146 _1ed 188 200
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Figure 6. Stiffness Degradation Versus Linear Cycles

On both sides ot the specimen, the zero-deg and the 90-deg plies, as a sub-
laminate, delaminated from the inner {45,-45]s block at locations governed by
compressive circumferentjal stresses and buckled outwards. It could be
hypothesized that the forming of these delaminations and in company the
stiffness degradation is being rapidly accelerated after reaching a critical
delamination size which facilitates buckling. The sudden stiffness change at
70 K for the A-specimen could then be related to the observed buckling
effects. By eye inspection, no buckling effects were visible for the
B-specimen. However, at the end of the fatigue life, it seemed to be obvious
by eye observation that the surface 45-deg ply contributed only little or
nothing to the load transfer, since around the hole matrix cracks were formed
and some of the surface material confined by those cracks was almost com-
pletely delaminated. The matrix cracks prevent the in-plane-load transfer
and the delaminations make load transfer through interlaminar shear stresses
impossible. These effects were visible at the end of the lifetime of the
B-specimen, thus suggesting the possibility of a relationship between them
and the sudden stiffness change at 157 K cycles. Finally it should be
recalled that the 90 percent load levels for the A~ and the B-specimens are
represented by the absolute values of 2354 lbs and 2195 lbs, respectively.




3.6 Residual Strength

A number of the cyclic tests were halted at various stages of the loading
history for nondestructive inspection of the damage zone and residual
strength measurements. This series of tests provided a characteristic and
repeatable curve of the change in residual strength throughout the loading
history.

During the first few {ten) cycles, tle damage, primarily metrix cracks,
reduces the effect of the stress concentration at the hole and the residual
strength increase is on the order of ten percent. The actual strength
increase does depend on the cyclic stress level, with the higher stress lev-
els corresponding to slightly higher strength increases than the lower stress
levels.

Stiffness change and residual strength data for a type B laminate after 100
cycles at a low cyclic stress amplitude are also shown in Tigure 4. Both the
increase in residual strength and the decrease in stiffness are less than
those for the same type specimen cycled at the 85 percent stress level. The
second region of the residual strength curve, approximately ten percent of
the fatigue life, is characterized by a slow, but constant increase in resi-
dual strength over a logarithmic cycles scale. At the end of the second
region, the increase in residual strength is 115 to 120 percent. The limits
of regions I and II for residual strength are approximately the same as
observed for stiffness change.

The third region of the residual strength curve is marked by a further
increase in residual strength. Although the data in this region is
incomplete, it appears that the maximum residual strength is reached between
50 and 80 percent of the lifetime. The largest increases in residual strength
are 26 and 42 percent for the type A and B laminates, respectively. During
the final region of the fatigue life, the residual strength decreases until
the strength equals the level of maximum cyclic stress, as shown in Figure &
and Figure 7.
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Figure 7. Residual Strength of an A-Specimen




The last two regions of the residual strength-log cycles curve correspond to
the third region of the stiffness reduction curve where the stiffness change
shows a sharp decrease on the log cycles plot. The logarithmic scale used to
represent the lifetime may cause some confusion in interpreting these
results. The residual strength data have been replotted in Figure 8 using a
linear scale to represent cycles.
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Figure 8. Residual Strength Versus Linear Cycles

3.7 Damage Patterns

Static damage starts with matrix cracks usually in the surface plies at 1570
Ilbs load for the A-laminate and 1220 lbs load for the B-laminate. At higher
load levels, cracks appear in all directions. The A-laminate develops more
well defined zero-deg cracks tangent to the hole while the B-laminate devel-
ops more well defined 45-deg cracks. Note that these are the directions of
the surface layers, respectively. In both laminates, 45-deg and zero-deg
cracks already exist. Zero-deg cracks in the A-laminate grow to a length of
more than five hole diameters. When the tangent zero-deg cracks approach
their maximum length, cracks in 45-deg and 90-deg direction are also initi-
ated on the straight edge. In the final stages of lifetime, a regular pattern
of matrix cracks 1is formed between the tangent zero-deg cracks and the
straight edges. The uniformity of these cracks is similar to damage patterns
of unnotched laminates, so-called characteristic damage states (CDS).

The delamination zone visible on an X-ray photo, Figure 9 and Figure 10, con-
sists of the superimposed images of the delaminations on the various laminate
interfaces. [t seems as if the tangent zero deg cracks in both the A- and the
B-laminates cause delaminations on adjacent interfaces. Those delaminations
have the largest continuously connected area of all delaminations in the lam-




Figure 9.

Figure 10.
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X-Radiograph of a Damaged A-Specimen

X-Radiograph of a Damaged B-Specimen




inates. In general, while the A-laminate develops a much larger delamination
along its tangent zero-deg cracks, the more confined delaminations of the
B-laminate spread along the 45-deg direction and reach the straight edge. It
is emphasized that Figure 11 or page 12 gives the spatial distributions and
the characteristic shapes as well as the proper magnitude of the delamination
2ones. Noting that the area of delaminations on all interfaces is higher for
the A-laminate than for the B-laminate, we recall that the A-specimen experi-
enced much higher stiffness losses during their fatigue life than the
B-specimens.
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Figure 11. Delamination Areas on Interfaces

3.8 Damage and Mechanical Response

Figure 12 on page 13 shows that the tangent zero-deg cracks have a strong
redistributing effect on the strain field near the hole, recucing the maximum
strain concentration in x-direction. Except at the crack tips, the strain
distribution along the cracks is almost uniform.

Figure 13 on page 14 presents the average strain concentrations as a functicn
of the length of the tangent cracks at various fatigue stages for the
A-specimen. After 600K cycles, which is estimated as being 50 percent of the
expected lifetime the strain concentration is reduced to K=1.46.

Figure 14 on page 14 shows the decrease of strain concentration versus the
logarithmically scaled number of cycles. The rate of decrease is very high
during the first cycles of fatigue loading.

Recalling that the rate of increase of residual strengtl of both laminates is
also very high at the beginning of fatigue life, it seems very likely that
the tangent zero-deg cracks are a main factor influencing residual strength.
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Figure 12. Undamaged Versus Low Damage Situatiocn

Figure 15 cn page 15 shows the resuits of two strength tests performed on an
A-specimen and a B-specimen versus the length of the tangential cracks
obtained from X-ray photos taken after applying the fatigue load.

We note that cracks of equal length in A- and B-specimen seem to influence
the strength increases of A- and B-specimens differently. As a result of s
linear curve fit for the data points we find an increAase-in-strength rate of
44 percent per inch for the B- and 23 percent per inch for the A-laminate. A
residual-strength versus strain-concentration curve (Figure 16 on page 15)
was constructed from the data used in Figure 14 on page 14 and Figure 15 on
page 15 by eliminating the crack length.

Figure 17 on page 16 and Figure 18 on page 17 show the increase of cracks in
the zero-deg plies with the number of cycles under fatigue load. The crack
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lengths are the average values of the length of the two cracks visible on
X-ray photos. For two reasons it is difficult, however, to measure average
crack lengths exactly. First, the length of the dark line on a X-ray matches
tha actual crack length only :in the case of complete penetration with zinc
iodide. Second, it is difficult to decide what the length of a crack is since
a dark line on a X-ray is the superimposed image of actually two cracks on
each side of the laminate midplane. If these two actual cracks are shifted in
different directions, one might observe a longer crack than actualiy exists.
Since the data for the B-laminate is more complete, Figure 18 provides also
information on the influence of the load parameter on the growth rate of
those cracks. Figure 17 takes the initial crack length due to static load
into account, so the crack length starts with the value indicated.

1.2+ A - Specimens

Crack Length ,(in)

lLog Cycles

Figure 17. Zero-Deg-Crack Growth of an A-Specimen

The phenomenon of widely scattered fracture surfaces for specimens with high
loading histories can be related to the shift of high strain concentrations
away from the hole. Since those strain concentrations are presumably highest
at the tips of the cracks, we conclude that catastrophic failure can be ini-
tiated right there. Many zero-deg fibers broke at a distance from the hole
of 6 to 7 hole diameters or from 2.25 inches to 2.2625 inches. As for the
phenomenon of stiffness degradation, we note that the A-laminate exhibits
much larger delaminations than the B-laminate. These delaminations and also
the buckling described in the section on continuous stiffness recording con-
tribute to higher stiffness losses in the A-laminate than in the B-laminate.
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1. Introduction

In future spacecraft application satellite structures in the
form of antennas or platforms will become increasingly
important. Because of their attractive structural properties
graphite/epoxy or graphite/polymide composites are the prime
material candidates for such applications. Besides their
specific strength and stiffness properties they offer low
coefficients of thermal expansion. So that deformations of the
structure under temperature exposure can be held to a minimum.
However, on the microscopic level, the large differences in
thermal expansion coefficients between the resius and the fibers
lead to thermally induced stresses of substantial magnitude when
the material undergoes thermal cycling as a consequence of sun
and shadow phases in an earth orbit. The corresponding upper and
lower temperature limits depend on the surface coating of the
structure and on the attitude angle relative to the sun. They
may range from -160°C in deep shadow to +100°C and even more
when exposed to the sun. Depending on orbit height, inclination
and service time 3000 to 5000 thermal cycles may occur during
the life ¢f a typical vehicle and thereby introduce thermal
fatigue problems in the material. Additionally, electronmagnetic
and particle irradiation may degrade the properties of the

organic matrix.

In order to assess the effects of severe thermal cycling and of
electron radiation on the mechanical properties of various
carbon fiber composites a test program was conducted with
emphasis on a comparison of their initial and residual material

properties.

2. Thermal Properties of Carbon-Fiber Reinforced Plastics (CFRP)

The thermal expansion coefficient of graphite fibers in the
axial direction is nearly zero. It decreases as the modulus
increases to a point where high modulus fibers exhibit negative
axial thermal expansion coefficients [ 1 ]. Epoxy resins,

however, have thermal expansion coefficients in the order of




2 times that of aluminum. The thermal expansion of cured
laminates depends both on the material choice and the stacking
order. Table 1 gives thermal expansion coefficients of several
laminates prepared from different materials. All measurements
were performed over a 60K temperature range (30°C to 90°C) using
a quartz-tube dilatometer having an accuracy of about ldann The
specimens were preconditioned at 70°C for 14 days in dry air to
minimize moisture effects. The values shown in Table 1 are
average values of 4 or 5 specimens. The thermal expansion
coefficients of all unidirectional laminates are negative in the
fiber direction. In accordance with ref. [ 1 ] the contraction
is greater in laminates with high modulus fibers than in those
with high tension fibers. Perpendicular to the fiber direction
the thermal expansion coefficients of the laminates which

contain 60% fibers by volume correspond to that of aluminum.

The data in Table 1 supplement the publicly available
information on expansion coefficients of CFRP in the above
mentioned temperature range. Extrapolations beyond this range
especially into very low temperature regimes encountered in
space, are hardly possible because thermal expansions do not
depend linearly on temperature. Thermally induced stresses are
initated in a laminate during the curing process when it reaches
a temperature at which the resin changes from a rubbery gel to a
glassy solid and the cross-linking reactions slow down. At this
temperature no stress exists between the fibers and the matrix.
It is slightly below the final cure temperature of the resin and

is called the lock-on temperature.

When the laminate is cooled down to ambient temperature the
different thermal expansion coefficients of fibers and matrix
generate tensile stresses in the matrix and compressive stresses
in the fibers along the fiber axes in each lamina. In addition
to longitudinal stresses depending on the fiber volume fraction
the transverse thermal expansion coefficient of the fibers and
the mismatch of the Poisson's ratios of the fibers and matrix,
radial and circumferential stresses can be generated. [ 2,3 ]
Beyond this in cross/plied laminates shear stresses and tensile

stresses transverse the fiber directions will bhe generated by




the constraint of the different fiber directions. Because of the
dependence of the stress state on the difference between curing
temperature (respectively lock-on temperature) and ambient
temperature it may be concluded that resins requiring low curing
temperatures should be favoured for space applications. But
nonlinearity of the thermomechanical properties of the laminates
and / or the admissible strain of the matrix without crack

formation may repress the influence of the curing temperature.

3. Material Selection

For the evaluation of the thermal properties of CFRP as discussed
in chapter 2 different materials were selected including systems
with high tension fibers as well as high modulus fibers. The
curing temperatures are ranging from 120°C to 210°C. All of them
were epoxy systems except for one polymide system identified as
PJ. A survey of these materials is given in Table 2. The volume
fraction of fibers and resin, respectively, was equal in all

Materials.

4. Laminate Fabrication

Of each material at least one laminate was prepared with the
size 380x380mm and numbered corresponding to Table 2. The curing
cycles used in fabrication process met the instructions of the
resin producers in all points with the exception that a

pressclave was used instead of an autoclave.

The only polyimide system, laminate PJ. was prepared by Dornier
System, Friedrichshafen. The laminates 164, 168, 169, 175, 246,
and 247 were manufactured from industry supplied unidirectional
prepregs in the own laboratory. The prepreg of laminate 170A was
self/prepared by impregnating the carbon fibers and winding them

on a drum.

The laminates consisted of 8 plies with the stacking sequence
[2(+45°, -45°)]5, only laminate 247 was composed of 4 plies

because of its double prepreg thickness., The total thickness of




all laminates was lmm. The mechanical properties of laminates
with the selected stacking order are highly matrix controlled.
Therefore, damages of the matrix as matrix cracks or delinations
711l substantially reduce the residual strength making the

discovery of such damages possible by simple strength tests.

Four specimens were cut from the laminates 164, 168, 169. 175

and PJ respectively. One was for reference purposes while the

others had to sustain different numbers of thermal cycles. The
number of cycles reached by one specimen of each material

respectively were 1170, 2295, and 3480.

5. Stress Calculation in [2(+45°, -457)]S Laminates

The calculation of thermally induced stresses in a + 45°, -45°
symmetrical 8-layer laminate was conducted on the basis of the
classical lamination theory. The lock-on temperature was chosen
to be 180°C, while thermal expansion coefficients of fibers and
matrix and the elastic properties corresponded to those of 914
C-TS-5. The laminate was considered to extend infinitely in both
directions. The calculation provided the compressive and tensile
stresses in the individual layer parallel and normal to the
fiber direction respectively as well as the shear stresses when

the laminate is cooled down to -155°C.

For each layer the calculation indicated a tensile stress in the
matrix perpendicular to the fibers of at least 71 MPa while the
breaking strength of the resin is only 65 MPa. Severe cracking
parallel to the fibers should be the consequence when exposed to
very low temperatures encountered in space provided that the
thermo-elastic properties of the material is linear. The shear
stresses are of the same magnitude as the tensile stresses, i.e.
71 MPa. This is well below the 92 MPa shear strength of 914 C.




6. Thermal Cycling Tests

The thermal cycling tests were conducted in a vacuum test
facility of the DFVLR. Inside a vacuum chamber of approximatly
100¢m diameter a rotatable cage was located. The specimens were
mounted on support provisions attached to the outer surfaces of
two opposite sides of the cage (Fig. 1).By automatic rotation in
90° intervals the specimens were exposed, alternately, to
infrared heaters and LN, - cooled plates simulating solar
heating or energy dissipation by deep space effects (Fig. 2).
The rear sides of the specimens were facing the walls of the
capr whose inside was permanently cooled by LN.. In this fashion
A test specimen temperature of 95°C was realized during hot

phase, and of -155°C during cold phase. The upper and lower

temperature limits were controlled by the exposure time of 9 min
durving the hot phase and of 41 min during the cold phase
resulting in a cycle time of 50 min. A chamber pressure of 164Pa
was maintained throughout the test. A typical thermal cycle is

shown in Fig. 3.

Because of the viscoelastic behavior of the specimens matrix
realistic thermal stresses will only be obtained when the
simulation of the temperature-time gradients are as realistic as
possible. This was accomplished in a nearily perfect fashion by

the test arrangement.
7. EBlectron Irradiation Tests

Space structures, in general, are subject to electron and proton
irradiation. The effects of electron irradiation on the
laminates 168, 246, 247, and PJ (Table 2) were investigated by
exposure of several specimens to electron beam irradiation of
3x108rads, at 100°C, and in 16“Pa vacuum. The beam current was
held at 1654A for the required run time of twenty/seven (27)
heurs. The test was conducted in a Van der Graaf accelerator at

the University of Illinois, USA.




8. Evaluatioi. of Environmental Effects

The extent of damage caused in the laminates by environmental

conditions was investigated by means of

- Ultrasonic inspections to detect delaminations generated by
shear stresses

- Radiographs for the detection of matrix cracks due to tensile
stresses perpendicular to the direction of the fibers

- Electron-beam micrographs to detect microcracks and debonding
of fibers and matrix

- Measurements of the natural frequency and the logarithmic
decrement of damping in transverse oscillation

- Measurements of the spectral reflection properties of the
laminate surface

- Comparison between initial and residual strength and

stiffness properties.

All of the test methodes were applied before and after
increasing numbers of thermal cycles. Strength and stiffness
tests were established both at room temperature and at 100°C. In
order to obtain reproducible results the specimens were dried
prior to testing. With respect to the irradiated specimens the
tests were performed prior and after completion of the electron

beam irradiation.

8.1 Ultrasonic Inspections

In Fig. 4 to 7 amplitude scans are shown of the laminates

164, 169, 170A, and 175 before and after 1170 thermal cycles.
The laminate numbers and the corresponding material designations
are contained in Table 2. Within the accuracy limits of
ultrasonic techniques, the laminates 164, 169, and 175 are free
of defects. The amplitude scans of laminate 170A show minor
disturbances probably caused by pores progressing in the fiber
directions as it was detected by scanning electron beam
investigations. In contrast to the other laminates effects

of thermal cycling, if they occured cannot be found by
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comparison of the two scans of Fig. 6 because prior to cycling
ultrasonic inspection was only applied to the reference

specimen.

Laminate 168 was prepared with artificially introduced
delaminations at the center of each specimen for investigation of
shear effects on the grecwth of such a damage. As evidenced by
Fig. 8 no growth due to thermally induced stresses was
experienced after 3480 thermal cycles.

In contrast to the epoxy based laminates, laminate PJ exhibited
a rather smooth amplitude scan prior to cycling but, according
to Fig. 9, indicated pores and extend delaminations after 1170
thermal cyecles. The higher curing temperature of this material
raises the thermally induced stresses by 6 to 7% over those of
the former discussed graphite/ epoxy laminates and might have

contributed to these damages.

8.2 Radiopraphs

Without special provision radiographs of thin CFRP laminates
exhibit poor contrast. In order to raise the quality of the
radiographs high-density fluids like Tetrabromethan (TBE) may be
used. After penetration of the contrasting agent into cracks and
pores in a TBE-bath, those defects become visible because the

fluid abscrbs X-rays to a higher degree than the sorrounding

CFRP.

At the beginning of the program no experience existed wether
this technique would affect the structural integrity of CFRP.
Therefore, X-ray photographs of untreated epoxy/based laminates
were taken before thermal cycling. During the thermal cycling
test detailed investigations showed that the fluid can be
removed by vacuum and heat without detectable defects in + 45°,
- 45° laminates. Therefore, all radiographs taken after thermal

cycling were contrast-lifted by TBE.

The photographs in Fig. 10 show no or little cracking in the
TBE-treated laminates 164, 169, and 175 after cycling. The
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photograph of laminate 170A in the right of Fig. 1! indicates
substantial damage, however. From the matching pattern of the
striations in the photograph on the left it appers that damage
existed already before the thermal cycling commenced. The
reversal of the contrast is a consequence of the fact that for
this photograph no TBE was used. Subsequent investigations with
an electron beam microscope demonstrated that the damapge existed
in the form of extended internal pores in the fiber direction of
the individual plies rather than of microcracks. Evidently, the

majority of the damage was caused by faulty fabrication.

Severe matrix cracking as predicted by lamination theory could
not be observed in any of the epoxy-based laminates. This
indicates that the use of linear constitutive laws leads to

unrealistic stress states.

The two radiographs in Fig. 12 of a polyimide based laminate PJ
were also taken before and after thermal cycling. While the
laminate seems to be initially free of any defects, a multitude
of thin dark lines are visible after thermal cvecling.
Subsequently taken electron beam micrographs revealed that these
lines do not represent internal pores as observed previously,
but rather microcracks emanating from the surfare of the

specimen (Fig. 18).

As was expected no damage was found by ultrasonic inspections

due to electron irradiation.

8.3 Scanning Electron Beam Micrographs

The effects of thermal cycling on all of the material systems
were investigated also by scanning electron beam microscopy. In
several specimens prepared from laminate 164 no defects were
detected prior to cycling. After thermal cycling only a few
short cracks extending through the thickness of one ply were
visible. Its discovery was possible only after removal of the
dust particles covering the polished surfaces by (onic etching.
As can be seen in Fig. 13 the cracks were not confined to the

matrix material but sometimes affected the fibers as well. This
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observation was made in 914C-TS$-5 and T3T F178 laminates. It must
he recopnized, however, that the irregular distribution of such
defects and the limited field of vision of the microscope make

it difficult to establish reliable correlations.

Fig. 14 and 15 show accumulations of voids along the ply
interface in samples cut from laminates 169 and 170A. No
significant differences could be detected in the charakter of
defects observed before and after thermal cycling. However, in
laminate 169 the voids are limited to small local areas whereas
in laminate 170A the voids seem to run together and extend over
the whole laminate. Sometimes even indicating the formation of
delaminations. This observation is consistent with the
evaluation of the ultrasanic records in Fig. 6 and X-ray

photographs in Fig. 1l1.

Samples from laminate 175 (Fig. 16} show similarity to those of
laminate 164 except that more plies seem to be affected by crack
formation. Again only a few cracks were created by thermal

cycling.

Fig. 17 show a cross section and a surface view of the T3T F178
laminate PJ. They appear smooth and free of defects before
thermal cycling, corroborating the previously obtained
ultrasonic C-scans and radiographs. The photographs in Fig. 18
taken after 1170 thermal cycles exhibit comparatively large
cracks forming a regular pattern on the surface (top photo).
After progression of the cracks through the first ply a tendency
toward formation of small delaminations along the interface with

the adjecent ply could be observed (photo at bottom).

Fig. 19 to 22 show scanning electron beam micrographs of the
fracture areas of laminates from 914C-T5-5 (Fig. 19 and 20) and
from HYE-2034 D (Fig. 21 and 22), before and after thermal
cycling,. The fracture areas of the 914C-laminates show only a
few broken fibers in both cases. Failure is obviously initiated
by matrix cracks occuring parallel to the fibers in the
inidividual layers of the laminate. The increasing peeling and

shear stresses tend to create subsequently cracks in the plane

13




of the interface between adjecent layers which lead to final

rupture.

Fip. 20 shows the same secimen area as in Fig. 19 but taken at

a higher magnification. The photos exhibit a distinct weakening
of the bonding strength between fibers and matrix due to thermal
cycling. When strength tested before thermal cycling the
fraicture surfaces of the individual plies were rough with some
Lroken fibers visible. After thermal cy-ling they showed smooth

traces of fiber pull out.

in the case of the laminate 175 the failure mechanism was
different from that of the laminate 164 before thermal cycling.
Lower strength of the pitch fibers and a high bonding strength
between fibers and matrix tended to create ruptures transvers
all plies where fracture of fibers was a normal mode of failure.
After thermal cycling the failure mechanism was similar to that
of laminate 164. As Fig. 22 indicates no significant change in
bonding between fibers and matrix took place. No change of

appearance was defected after electron irradiation.

8.4 Naturdl Frequencies and Decrements of Damping

Table 3 shows experimentally determinded natural frequencies and
decrements of damping of the candidate materials after different
numbers of thermal cycles. In all cases the natural frequency
decreases with increasing numbers of thermal cycles. However, as
shown in Fig. 23 and 24, the major change took place soon after
the beginning of cycling, probably during the first few cycles.
This may correspond to the development of initial cracks which
oupht to be expected during the same time frame. Because of the
stress relaxation further cracking and crack extension will be

slower with increasing numbers of thermal cycles.

The decrease of the natural frequency of the polyimide-bases

laminate was three or more times larger than tnat of the other
materials as is apparent in Fig. 24. This may be a consequence
of the severe cracking observed in these samples. As indicated

by Fig. 23 and 24 the decrement of damping of laminates 164,
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169, and 170A increases with increasing numbers of thermal
cycles indicating growing internal friction. The continous
increase of friction is not only caused by matrix cracking since
the formation of cracks, as previously described, tends to
diminish because of stress relaxation. It is probable that the
molecular structure of the resins is affected by fatigue, or the

interface properties between fibers and matrix.

For the contradictory behavior of laminates 175 and Py no

physically reasonable explantion can be offered at this time.

With respect to electron irradiation, only minor effects on
frequencies and damping characteristics were observed. However,
these departures from the non-irradiated specimens, shown in
Table 4, are so small that they may be due to the limited
accuracy of the test equipment. As only one sample of each
laminate was available a confirmation of these results by
statistical means was not possible so their physical

significance is questinable.

Table 4: Change of Natural Frequencies and Damping Decrements

due to Electron Irradiation

Laminate No. Material Frequency Damping
£ Z %

168 914 C - TS - 5 -~ -6,6

246 HYE - 2034 D +2.,4 -6,7

247 T6T 262 - 12 F 550 +1,0 -3,7

PJ T3T F 178 -1,9 +4,5

8.5 Relative Spectral Reflection

Both the thermal cycling and the electron irradiation caused
brownish discolorations of the specimen surfaces. Therefore,
measurements were made of the relative spectral reflection of
environmentally tested and of virginal laminates. Fig. 25 shows

typical results of these investigations.
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All the thermally cycled laminates experienced a decrease of
relative spectral reflection. The formation of surface cracks,
as observed by electron beam microscopy, can only be a partial
explanation for this phenomenon because it also occured in two
laminates which were exposed to electron irradiation without
experiencing crack formation (Fig. 26). On the other hand,

simulated sun irradiation for 150 hours with an intensity

comparable to that of a low earth orbit caused a substantial
increase of spectral reflection (Fig. 25), which may be
traceable to an increasing interlinking of the molecular chains
of the matrix. This is a normal event due to energy transmission
to the laminate. During longer exposure times the high energy
photons of the ultra violet region of sun's light spectrum
damage the molecular chains consequently leading to a blunt
laminate surface. Very similar effects must be expected as a

result of dense fluxes of high energy electrons.

Furthermore the fatigue stresses caused by thermal cycling might
also have affected the molecular structure of the matrix as it
was supposed in chapter 8.4. This is strongly supported by
indications that the decrease of spectral reflection
corresponded continously to the increase of the number of
thermal cycles while the formation of cracks which are

observable by micrography slowed down as discussed earlier.

8.6 Residual Strength

Tables 5 and 6 present mean values and their standard deviations
of the static strength of test specimens obtained after various
numbers of thermal cycles. For the determination of the orginal
strength of the laminates six specimens were tested, whereas
only 3 specimens were available for the residual strength tests
after 1170, 2295, and 3480 cycles respectively.
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Fig. 27 to 30 show the ratioc of residual to initial strength
against the number of thermal cycles. After 1170 thermal cycles
all materials exhibited a reduction of residual strength
regardless of their curing temperatures, consistent with the
predictable formation of the microcracks due to discrepant
thermal strains. In the high temperature curing materials the
reduction ceased after 1170 thermal cycles. The strength of the
low temperature curing materials decreased further afrer 2295
and 3480 cycles. Considering the higher intensity of prestress
in the high temperature curing laminates, it is surprising that
the reduction of tension and compression strength is only 3% and
10% in laminates 164 and 175. While the materials with lower
curing temperatures deteriorated more both at 23°C and 100°C
testing temperatures. Notable is the drastic strength reduction
of the polyimide-based specimens after only 1170 thermal cycles,

requiring additional testing of this material.

A comparison of initial and residual tensile strength of some
materials subjected to electron irradiation is given in Fig. 31.
Again the degradation of the polyimide-based laminate was the
most severe, although no kind of defect was detectable by the
applied techniques including measurements of spectral
reflection. On the other hand, the epoxy-based laminates
especially the 914C show small degrations of their tensile
strength. Paradoxically, the T6T 262-12-F550 laminate 247 which
had been phased out of the thermal cycling test because of poor

fabrication shows an increase of tensile strength after electron

irradiation.
8.7 Stress/Strain Relations

Fig. 32 to 39 show sress-strain plots of all materials tested
after different numbers of thermal cycles and at two different
temperatures. With increasing number of thermal cycles the
stiffness of the specimens decreased in most cases especially
during testing at 100°C indicating a highe: toughness
especially for the high curing temperature materials due to
the small strength reduction. in contrast to the formation of

cracks which took place at the beginning of thermal cycling and
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than ceased the reduction of stiffness progressed con-inually
with increasing number of thermal cycles. Changes of the
molecular structure as already supposed former more likely may
be a satisfactory explanation for this phenomenonthan matrix

cfacking.
9. Conclusion

All epoxy-based materials exhibited only small effects due to
thermal cycling and electron irradiation. The very small
strength reduction especially of the laminates with high curing
temperatures does not restrict the qualification for space
applications of these materials at all. Only the continous
decrease of the stiffness with increasing number of thermal
cycles may be critical because of increasing deformations as
far as the application for large structures with very long
service times is considered. But this shall only be valid for
such highly matrix controlled laminates as the tested

[2(+45° -45°)]1S 1laminates were.

The only polyimide based laminate in the test show